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NATIONAL ADVISORY CCMLCTTEE FOR AERONAUTICS 
RESEARCH MEMORANDUI4 

A TRANSONIC WIND-TUNNEL INVESTIGATION OF THE LONGITUDINAL 
FORCE AND MOMENT CHARACTERISTICS OF A PLANE AND A 
CAMBERED 5 -PERCENT -THICK DELTA WING OF ASPECT 
RATIO 3 ON A SLENDER BODY 
Dale L. Burrows and William E. Palmer 

SUMMARY 


Various Investigations have indicated the usefulness of some form 
of leading-edge droop on thin, swept-wing designs in reducing drag due 
to lift; notably, the droop has usually amounted to some combination of 
camber and twist. In the present investigation, the effects of leading- 
edge camber without twist were determined on an aspect-ratio-3 delta wing 
of thickness ratio 3 in combination with a body having an ogive nose and 
a cylindrical afterbody. The investigation covered a Mach number range 
from 0.67 to 1.38 and the Reynolds numbers were about 5-5 x 10^ np to an 
angle of attack of 12° and about 2.7 X I08 at angles of attack from 10° 
to 20°. 

Drag of the cambered wing at lifting conditions was reduced over 
that of the plane wing with the result that maximum lift-drag ratios 
were increased about 5 percent over the range of Mach numbers from O.76 
to 1.2. This improvement due to camber diminished appreciably at higher 
Mach numbers. The lift-curve slope for the cambered wing was essentially 
the same as that for the plane wing throughout the test range of Mach 
numbers. The leading-edge camber considerably reduced the large vari- 
ations in longitudinal stability experienced by the plane wing at lift 
coefficients of about 0.5 at high subsonic Mach numbers. 


INTRODUCTION 


The reduction of drag on thin swept wings at lifting conditions and 
at transonic speeds would appear to involve the solution of two problems. 
First, in order to minimize the drag resulting from induced flows, Jones 
has shown that the lift should be distributed over the siarface such that 
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the spajiwise and chordwlse load distributions are elliptical (ref. 1). 
Second, the siirf ace-pressure distribution over the leading edge should 
be free of pressure gradients sufficiently steep to cause boundary-layer 
separation and, hence, loss of leading-edge suction. At lifting condi- 
tions, both of these requirements imply the use of camber and tvist to 
obtain overall drag reduction even though the zero-lift drag may be 
increased. A wing which was cambered and twisted conically over the 
outboard twenty percent of the local semispan in such a way as to give 
nearly an elliptical span-load distribution produced some drag improve- 
ments at lifting conditions and at high subsonic Mach numbers as shown 
in reference 2. Another case of camber and twist in the form of a 
constant-chord leading-edge droop was found to give comparable drag 
reductions at high subsonic speeds (ref. 5)* 

The purpose of the present investigation was to determine whether 
leading-edge camber (without twist) on a delta wing would produce drag 
improvements at lifting conditions over the drag of the flat wing at 
transonic speeds. The wing contour was obtained by drooping the leading 
25 percent of the chord of all streamwise airfoil sections. The inves- 
tigation consisted of experimental measurements of the lift, drag, 
pitching moment on the cambered wing and a flat wing of the same plan 
form. The wings had delta plan forms, had an aspect ratio of 3-0, and 
were 3 percent thick. The tests were made at Mach numbers from 0.6'J 
to 1.38 and the Reynolds numbers, based on the mean aerodynamic chord, 
were about 5-5 X I 06 up to an angle of attack of 12 ° and about 2.7 x I 06 
at angles of attack from 10° to 20°. 


SYMBOLS 

Cj) drag coefficient, 

qb 

zero-lift drag coefficient, 

Ct lift coefficient, — 

qb 

C„ pltehlng-moment coefficient, pitching Moment about g/t 

qSc 

L/D lift-drag ratio 

(L/D)jQg^jj maximum value of lift-drag ratio 

Clqp^ lift coefficient at (L/D)max 


CONFIDENTIAL 


NACA RM L54H25 


CONFIDENTIAL 


5 


A 

aspect ratio 

b 

total wing span 

c 

2 p 

wing mean aerodyanmic chord, — c*^ dy 

S Jq 

c 

wing chord at any value of y 

K 

CD - Cj^ 

coefficient of drag due to lift, 7 ; — 2. 

Cl^ 

M 

average free-stream Mach number at model location 

Mx 

local free-stream Mach m:imber at model location 

Pb 

static pressure inside open base of model 

P 

free-stream static pressure 

Ps 

free-stream absolute stagnation pressiire 


ypM^ 

free-stream dynamic pressure, — - — 

7 

ratio of specific heats, 1.40 for air 

R 

free-stream Reynolds number based on c 

S 

total wing area 

y 

spanwise distance from and normal to model center line 

a 

angle of attack of the fuselage center line, deg 
APPARATUS AND METHODS 


Tunnel 


The tests were conducted in the Langley transonic blowdown tunnel 
which has a slotted octagonal test section and exhausts to atmosphere 
from total stagnation pressures that can be adjusted to values as high 
as 72 pounds per square inch absolute. Dried air is used to operate the 
blowdown tunnel. At a stagnation pressure of JO pounds per square inch 
absolute, the tunnel running time is about 20 seconds. Mach numbers up 
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to approximately 1.4 can be attained and, at a given Mach nimiber, the 
Reynolds number can be varied from approximately 8 X 10^ per foot of 
chord to 24 x 10^ per foot of chord by varying the stagnation pressure 
from 25 pounds per square inch absolute to JO pounds per square inch 
absolute. The Mach number distribution along that part of the tunnel 
center line where the model was located is shown in figure 1. The 
angle-of -attack mechanism was such as to keep the model centrally 
located in the tunnel throughout the angle-of -attack range. 


Models 

Details of the models are shown in figure 2. The wings were made 
of solid steel and had ^5^ sweepback of the quarter -chord line, a zero 
taper ratio, and an aspect ratio 5. The uncambered wing had NACA 65AOO5 
airfoil sections parallel to the plane of symmetry and the cambered wing 
had the same thickness ordinates distributed about a mean line having 
two-thirds the ordinates of an NACA 230 mean line (see table I). The 
resultant design lift coefficient was 0.2 and the airfoil is designated 
NACA 65A203 (250 modified). The wings were mounted with zero incidence 
and zero dihedral on the body. 

The body with a fineness ratio of 9*63 was a hollow steel shell 
having an ogive nose 3-5 diameters in length and a cylindrical afterbody. 
Housed within the body was a three -component electrical strain-gage bal- 
ance which was attached to a sting for support of the model. The sting 
was of constant diameter for 1.75 body diameters back of the base of the 
model after which it diverged at a cone angle of 9*7^ (fig- 2). Two 
tubes for measiiring base pressures were attached to the sides of the 
sting and extended into the open annulus at the model base. Photographs 
of the model are shown as figure 3- 


Tests 

The investigation covered a Mach number range from O.67 to 1.30 at 
angles of attack from 0^ to 12^ for a stagnation pressure of 70 pounds 
per square inch absolute and at 10^ to 20^ for a pressure of 35 pounds 
per square inch absolute. For a Mach number of 1.38, data were obtained 
at a pressure of 50 pounds per square inch absolute up to an angle of 
attack of 12^. These limits of angle of attack and stagnation pressure 
were dictated by the balance load limits. Body-alone data were obtained 
at angles of attack up to 6^. The Reynolds numbers based on c for the 
various stagnation pressirres are shown in figure 4. For all tests, the 
surface of the model was in a smooth condition. Shock reflection from 
the tunnel wall intersected the model at Mach numbers between about 1.04 
and 1.10; carry-over effects through the boundary layer may extend this 
range to a slightly higher Mach number. This condition may introduce 
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appreciable tunnel effects on the force and moment data and, therefore^ 
such data are not presented for this Mach number range. 


Measurements and Accuracy 

Normal-force, chord-force, pitching -moment, and base-pressure data 
were recorded simultaneously on film. The chord-force coefficient, which 
included the pressure force on the model base, was adjusted to a condi- 
tion of base pressure equal to free-stream static pressure. Normal- and 
chord-force coefficients were converted to lift and drag coefficients by 
the usual methods. On the basis of the balance sensitivity, scatter of 
test points, and repeatability of data, at low angles of attack the esti- 
mated accuracy of lift, drag, and pitching -moment coefficients is ±0.02, 
±0.001, and ±0.005^ respectively. Mach numbers shown with the data are 
accurate to about ±0 .01 . 


Corrections 

Reference k shows that, for slotted tunnels, where the ratio of model 
size to test-section size is about equal to that of the present investi- 
gation, the jet-boundary effects are negligible; therefore, no such cor- 
rection has been made to the data. Angle of attack was corrected for 
sting deflection resulting from aerodynamic load. 

An investigation was made of the static elastic bending and twisting 
of the plane wing under simulated maximum load. Results indicated that, 
for the maximum load condition (M = 1.50, Ps = 70 poimds per square inch 
absolute), aeroelasticity produced a decrease in lift-curve slope on the 
order of 2 percent and a forward shift in aerodynamic -center position of 
about O.OlCf. In the data presented, however, no correction for aero- 
elasticity has been applied. 


PRESENTATION OF RESULTS 


The results of this investigation are presented in the following 
figures: 


— ^ against M 


^m against a for body alone 
Oj)^ and Cm against M for body alone 

Cl against a for plane wing 

Cl against a for cambered wing 

(dCL/da)^ against M for both wings 


Figure 

5 

6 
7 

8(a) 

8(b) 
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Cp against Cl for plane wing 

Cp against Cl for cambered wing 

Cp against M for both wings 

L/D against Cp for both wings 

(L/P)r nay and Cpopt against M for both wings 

Cm against Cp for plane wing 

Cm against Cp for cambered wing 

Cm against M for both wings 

(dCm/dCp)j^ Q against M for both wings . . . 


10(a) 

10(b) 

11 

12 

15 

lA(a) 

14(b) 

15 

16 


DISCUSSION 

Base Pressures and Body Characteristics 


The increment in base-pressure coefficient between body-alone and 
wing-body combinations (fig. 5) is about the same as that shown in 
references 5 6 and indicates that the effect is relatively independ- 

ent of wing plan form. Figure 5 shows also that there is no appreciable 
difference between the base pressiares for the flat wing and those for 
the cambered wing investigated. The large irregularities in the vari- 
ation of base-pressure coefficient with Mach number that occurred at 
low supersonic speeds are due to the wall-reflected shock waves mentioned 
previously. 

The lift, drag, and pitching-moment characteristics of the body 
alone (fig. 6) are essentially the same as for body ”C" of reference 
this would be expected because of the similarity of body shapes. Figure 7 
shows little variation of lift and pitching-moment coefficients with Mach 
number for angles of attack up to 6^. 


Wing-Body Combinations 

Lift characteristics .- As shown in figure 8, the plane and the cam- 
bered wings exhibit generally similar lift characteristics except for a 
”jog'* in the variation of lift coefficient with angle of attack at a Mach 
number of O.96 and a lift coefficient of about O.7 that occurs only for 
the plane wing. As shown in figure 9^ the values of (dCL/da)^^^^ are 

essentially the same for the cambered wing as for the plane wing over 
the test Mach number range. The method of reference 7 ^.as been used to 
determine the theoretical lift-curve slopes of the wing-body combination. 
This method required wing-alone lift-curve slopes which were obtained 
from the theories of DeYoung (ref. 8) and Brovm (ref. 9), respectively, 
for the subsonic and supersonic speed range. Experimental values of 


CONFIDENTIAL 


NACA RM L54H25 


CONFIDENTIAL 


7 


lift-curve slope are as much as 12 percent lower than those given by 
theory and the variation with Mach member at Mach numbers near unity is 
much less pronounced than that given by theory. 


Drag characteristics .- Basic drag data are plotted against Cl in 
figures 10(a) and 10(b). Figure 11 shows that values of drag coefficient 
are generally slightly higher for the cambered wing than for the plane 
wing at Mach numbers greater than O.85 and lift coefficients of 0.0 
and 0.1. At lift coefficients greater than 0.2, the drag coefficient is 
lower for the cambered wing at all test Mach numbers. At zero lift the 
rise in drag coefficient through the transonic Mach number range was 
about 0.007 for both wing-body combinations. 


Values of (L/D)max ^Lopt from figiare 12 are presented 

in figure 15 and show an increase in (L/D)jnax camber of approxi- 

mately 5 percent at Mach numbers up to about 1.20. This benefit due to 
camber was essentially lost at a Mach number of 1.58. From a comparison 
of this benefit with the 20-percent increase at subsonic speeds and the 
10-percent increase at low supersonic speeds resulting from the conical 
camber and twist of reference 2, it would seem that the leading-edge 
camber reported herein was inferior to the conical camber and twist; a 
direct comparison of the two types of delta wings, however, is not jus- 
tified, inasmuch as the aspect ratio was 2 for the conical camber and 
twisted wing as compared with an aspect ratio of 5 for the leading-edge 
cambered wing. The gradual reduction in effectiveness of camber alone 
with increasing Mach number is in agreement with the conclusion of ref- 
erence 2 v^hich indicates that the benefits of camber and twist are con- 
siderably reduced when the component of free-stream Mach number perpen- 
dicular to the wing leading edge becomes approximately 0.7. This 
conclusion seems reasonable when one considers that the leading-edge 
suction in both cases rapidly disappears as the Mach cone approaches the 
leading edge. 


The theoretical values of (L/D)max shown in figure 15 were obtained 
for the flat w ing w ithout consideration of body effects according to the 

where values were taken from plane -wing data. 


expression ^ 


KCDo 


For the full leading-edge suction case, K was taken as — at subsonic 

jtA 

speeds and at supersonic speeds the method of reference 9 was used. For 
zero leading-edge suction, the value of K was taken as 


where values of 


\da /Cl =0 


57-3 

were theoretical values obtained for the 


•5(F) 

\da /Cl =0 


plane wing. In general, the measured values of (L/D)ma,x fall between 
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the theoretical limits as would be expected; however, the closer approach 
to full leading-edge suction at the higher Mach n\mibers is contrary to 
the usual assumption of zero leading-edge suction as the Mach cone 
approaches the leading edge. 

Pitching-moment characteristics . - A break occirrs in the cijrve of 
Cm against Cl for the plane wing (fig. 14(a)) at a lift coefficient 
of 0.5 and a Mach number of O.76. As the Mach number is increased 
to 0.96, this change in longitudinal stability becomes more severe and 
occurs at a higher lift coefficient. No such break is present at super- 
sonic Mach numbers. There is some indication that the flow on the plane 
wing may be affected by Reynolds number. (See the ciorve for M = O.96.) 
Figure l4(b) shows that for the cambered wing the stability break is 
eliminated at all Mach numbers except near O.96 where the break is much 
less severe than for the plane wing. 

The camber produced a change in pitching-moment coefficient at zero 
lift which is small but in a direction to require more elevator deflec- 
tion for trim (fig. 14(b)); this effect comes about because the chord 
line was alined with the fuselage. In general, for higher lifts, values 
of Cm are more negative for the cambered wing at lift coefficients up 
to 0.6 (fig. 15 ); this result does not seem unlikely when it is consid- 
ered that the separation on the plane-wing leading edge is small as 
evidenced by fairly high leading-edge suction in which case the usual 
effect of camber is to produce a reeirward shift in center of pressiire. 

At lift coefficients of 0.2 to 0.6, figure I 5 shows that an abrupt 
increase in negative pitching -moment coefficient (rearward movement in 
center of pressure) occurs for both wings at a Mach number of about 0.95. 
Although the total increase in moment coefficient with Mach nmber is 
about the same for the two wings, the change with Mach nimiber is more 
gradual for the cambered wing than for the plane wing. 

It is seen from figiure I 6 that there is no appreciable difference 
between the aerodynamic -center locations (dCm/dCL at zero lift) for the 
two wings. Subsonically, Cm varies almost linearly with Cl only up 
to lift coefficients of 0.4 to 0.5* Trends with Mach nimiber agree with 
theory, but theoretical values of the aerodynamic center are on the order 
of 0 . 025 c rearward of the experimental values. For determination of the 
theoretical values of aerodynamic center for the wing-body combination, 
the method of reference 7 has been used. This method required the wing- 
alone lift-curve slopes, which were obtained from references 8 and 9^ 
and the wing-alone centers of pressure, which were obtained from 
reference 10. 
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CONCLUSIONS 


Tests at transonic speeds of 5-percent-thick, aspect-ratio-3^ delta- 
wing-fuselage configurations both with and v;-ithout leading-edge camber 
resulted in the following conclusions: 

1. This type of camber produced an increase in maximum lift-drag 
ratio of about 5 percent for Mach numbers from 0,76 to 1.20. The benefit 
diminished at Mach numbers of 1.20 to I. 38 . 

2. The cambered wing had lower drag coefficients at values of lift 
coefficient greater than about 0.2 at all Mach numbers tested. 

5 . Drag-coefficient rise through the transonic speed range for both 
wing-fuselage combinations at zero lift was about O.OO 7 . 

4. The lift-curve slope for the cambered wing was essentially the 
same as that for the plane wing through the Mach number range tested. 

5 . The longitudinal static stability at zero lift was essentially 
the same for both plane and cambered wings throughout the Mach number 
range . 

6 . Irregularities in the longitudinal stability of the plane wing 
at moderate lift coefficients and high subsonic speeds were essentially 
eliminated by the use of the leading-edge camber investigated. 


Langley Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 
Langley Field, Va., August 12, 1954. 
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TABLE I 


COORDINATES OF AIRFOIL AND MEAN LINE PARALLEL TO PLANE OF SYMMETRY FOR BOTH A PLANE AND 
A CAMBERED DELTA WING WITH A THICKNESS RATIO OF 3 PERCENT AND AN ASPECT RATIO OF 5 
(stations, ordinates, and radii given in percent of airfoil chord^ 


<D 

a 

•H 



NACA 65 A 003 

NACA 65 A 205 (230 mod.) 

NACA mean line 250 (r 

aod. ) 


Upper 

Lower 

Upper surface 

Lower surface 

Station 

230 

250 

(mod. ) 

Station 

surface 

surface 





ordinate 



ordinate 

ordinate 

Station 

Ordinate 

Station 

Ordinate 



ordinate 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0 

1.25 

.562 

-.362 

1.187 

.59^ 

1.313 

-.118 

1.25 

.557 

.238 

2.5 

.495 

-.493 

2.426 

.951 

2.57^ 

-.043 

2.5 

.666 

.444 

5.0 

.658 

-.658 

4.929 

1.424 

5.071 

.116 

5.0 

1.155 

.770 

7.5 

.796 

-.796 

7.^3 

1.789 

7.557 

.201 

7.5 

1.492 

.995 

10 

.912 

-.912 

9.962 

2.044 

10.058 

.224 

10 

1.701 

1.134 

15 

1.097 

-1.097 

15.000 

2.322 

15.000 

.128 

15 

1.838 

1.225 

20 

1.256 

-1.236 

20.018 

2.414 

19.982 

-.058 

20 

1.767 

1.178 

25 

1.5^2 

- 1.542 

25.020 

2.446 

24.980 

-.238 

25 

1.656 

1.104 

30 

1.420 

- 1.420 

30.021 

2.451 

29.979 

-.389 

50 

1.546 

1.031 

i <-0 

1.498 

-1.498 

40.022 

2.381 

59.978 

-.615 

40 

1.525 

.885 

50 

1.465 

- 1.465 

50.022 

2.201 

49.978 

-.729 

50 

1.104 

.756 

60 

1.509 

-1.509 

60.019 

1.898 

59.981 

-.720 

60 

.883 

.589 

TO 

1.053 

-1.055 

70.016 

1.494 

69.984 

-.612 

70 

.662 

.441 

80 

.727 

-.727 

80.011 

1.022 

79.989 

-.432 

80 

.442 

.295 

90 

.369 

-.569 

90.005 

.516 

89.995 

-.222 

90 

.221 

.147 

95 

.188 

-.188 

95.005 

.261 

94.997 

-.115 

95 

.110 

.073 

100 

.007 

-.007 

100.000 

.007 

100.000 

-.007 

100 

0 

0 

L. 

,E. radius: 0,057 


L.E. radius: 0.057 





T.E. radius: O.OO68 


T.E. radius: O.OO68 
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Percent of body length 

Figure 1.- Longitudinal free-stream Mach number distribution at the loca- 
tion of the model for several average Mach numbers. 
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Wing Details 

Basic airfoil thickness distribution parallel 
to model center line NACA 65A003 

or NACA 65A203 (230 mod.) 
Area^ sq. in. 12.96 

Aspect ratio 3 

Taper ratio 0 

Sweepback of quarter-chord line, deg. I4.5 

Incidence, deg. 0 

Dihedral, deg. 0 


Ogive nose - 


4.16 


1.30 


Cylindrical section 6.I3 ^ 

9.63 


Figure 2.- Details of the wing-body configurations. All dimensions 

in inches . 


are 
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(b) Plan view of the model on the sting. 
Figure 5*- Concluded. 
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Figure 4.- Variation of Reynolds number with Mach number for stagnation 
pressures of 55^ 50 , and 70 pounds per square inch. 
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Figure 5 .- Variation of base-pressure coefficient with Mach number for 

each configuration tested. 
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Angle of attack, a, deg 


Figure 6.- Variation of lift, drag, and pitching -moment coefficients with 
angle of attack at various Mach numbers for the body alone. 
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Mach number, M 


Figure Variation of lift, drag, and pitching-moment coefficients with 
Mach number for the body alone, a = 0°, and 6°. 
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(a) Plane wing. 

Figure 8.- The variation of lift coefficient with angle of attack at 

various Mach numbers . 
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(b) Cambered wing. 
Figure 8.- Concluded. 
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Figure 9.- Variation of lift -curve slope at zero lift v/ith Mach number. 
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(a) Plane wing. 

Figure 10.- Variation of drag coefficient with lift coefficient at various 

Mach numbers . 
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(b) Cambered wing. 
Figure 10.- Concluded. 
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Figure 11.- Variation of drag coefficient with Mach number at various 

values of lift coefficient. 
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Figure 12.- The variation of lift -drag ratio with lift coefficient at 

various Mach numbers . 
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Figure 15*- Variation of 


(L/D)max 


with Mach number. 
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(a) Plane wing. 

Figure l4.- Variation of lift coefficient with pitching -moment coefficient 

at various Mach numbers . 
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(b) Cambered wing. 
Figure ik.- Concluded. 
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Figure 15-- Variation of pitching-moment coefficient with Mach number 

at various lift coefficients. 
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Figure l6.- Variation of pitching-moment -curve slope with Mach number. 
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